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SUMMARY 

Component  interference  studies  have  been  made  in  an  attempt  to 
explain  the  unexpected  large loss in  damping  in roll which  occurred  in 
wind-tunnel  tests  at  zero  angle  of  attack  for  the  Bell X-1A research 
airplane  near a Mach  number  of 2.22 in  the  investigation  of  NACA  Research 
Memorandum  L55119.  The  present  studies  include  theoretical  calculations 
of  the  effect  of  the  body  flow  field  on  the  wing  damping  in roll and 
measurements  at  test  Mach  numbers  of 1.62, 1.94, 2.22, 2.41, and 2.62 
of  the  contributions  of  the  individual  components  to  the  damping  in roll. 
In  addition,  the  effects  of  various  modifications  to  the  dorsal  and  ven- 
tral  fins  are  determined  experimentally  for  the  complete  airplane 
configuration. 

INTRODUCTION 

Recent  wind-tunnel  studies  of  the  damping  in roll of  some  high- 
speed  aircraft  configurations  have  shown  that  interference  effects  can 
strongly  influence  the  damping  of  the  airplane  at  some  supersonic  Mach 
numbers.  Reference 1 shows a serious loss in  the  damping  in roll of  the 
Bell X-LA research  airplane  near a Mach  number  of 2.2, and  this loss is 
shown  to  be  predominantly  associated  with  the  interference  effects  of  the 
dorsal  and  ventral  fins.  References 2 and 3 ,  which  present  damping-in- 

planes,  respectively,  do  not  show a similar  large loss in  damping  within 
the  test  Mach  number  range. 

i roll measurements  for  the  Douglas D-558-11 and  Bell X-1E research  air- 

1 In  an  effort  to  explain  more  satisfactorily  the  results  obtained 
in  reference I, and  to  gain an insight  into  the  nature  of  some  component 
interference  effects  which  might  influence  the  damping  of  an  airplane I 

I at  supersonic  speeds,  additional  experimental  and  theoretical  studies 
I 

t of  component  interference  effects  on  the  damping  in roll at  zero  angle 
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of  attack  of  the X-LA airplane  have  been  conducted.  The  additional 
experimental  studies,  which  were  conducted  in  the  Langley  9-inch  super- 
sonic  tunnel,  consisted  of  tests  at  Mach  numbers  of 1.62, 1.94, 2.22, 
2.41, and 2.62 of  the  body-wing  and  body-tail  combinatl  ions  with  the  dor- 
sal  and  ventral  fins  removed,  and  of  the  complete  configuration  with 
several  modifications  to  the  dorsal  and  ventral  fins.  The  theoretical 
studies  show  the  effect  of  the  interference  flow  field  of  the  body on 
the  damping  in roll of  the  wing  throughout  the  Mach  number  range.  In 
addition,,  at a Mach  number  of 2.2, the  effect  of a modified  dorsal  fin 
is  investigated  theoretically. 

SYMBOLS 

b 

C 

Cl 

C 
2P 

d 

M 

MX 

P 

P' 

9 

R 

S 

v 

vl 

wing  span,  ft 

wing  chord,  ft 

rolling-moment  coefficient, - yr 
aSb 

section  rolling-moment  coefficient 

damping-in-roll  coefficient, -, ac2 per  radian a -  Pb 
2v 

body  diameter,  ft 

free-stream  Mach  number 

rolling  moment  about  the  body  axis,  ft-lb 

ro l l ing  anmar velocity,  radians/sec . 

static  pressure,  lb/sq  ft 

dynamic  pressure, O.~PI$~, lb/sq  ft 

Reynolds  number  based  on  mean  aerodynamic  chord of the  wing 

total  wing  area,  including  portion  submerged  in  body,  sq  ft 

free-stream  velocity,  ft/sec 

limiting  velocity  (maximum  attainable  velocity  if  flow  were 
expanded  into a vacuum),  ft/sec 
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perturbation  velocities  in  the x-, y-, and  z-directions, 
respectively,  ft/sec 

X longitudinal  coordinate,  ft 

Y spanwise  coordinate, ft 

Z vertical  coordinate,  ft 

U angle  of  attack,  deg 

p = @ - z  

# velocity  potential 

Subscripts : 

B due  to  body 

B- 2 on  wing  lower  surface  due  to  body 

B-u on  wing  upper  surface  due  to  body 

2 lower  surface  of  wing 

U upper  surface of wing 

W across  wing  surface 

w- 2 on  wing  lower  surface  due  to  wing 

W-U on wing  upper  surface  due  to  wing 

Y value  at  spanwise  station y 

03 free-stream  conditions 

Configuration  designations: 

B body 

BW body,  wing 

BWV body,  wing,  vertical  tail 
". ".. 
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BWVH 

BV 

BVH 

body,  wing,  vertical  and  horizontal  tails 

body,  vertical  tail 

body,  vertical  and  horizontal  tails 

APPARATUS AND TESTS 

A l l  tests  were  conducted in the  Langley  9-inch  supersonic  tunnel, 
which  is a continuous-operating,  closed-circuit  type  of  wind  tunnel  in 
which  the  temperature,  pressure,  and  humidity  can  be  controlled.  The 
test  Mach  number  is  varied  by  use of’ interchangeable  nozzle  blocks  which 
form  test  sections  about 9 inches  square. 

Figure 1 illustrates  the  complete  1/62-scale  model of the Bell X-LA 
airplane.  Three  identical  bodies  were  constructed,  one  for  the Elwv and 
the BWVH configurations,  one  for  the  BW  configuration,  and  one  for  the 
BV  and BVH configurations.  The  steel  wings  and  the  fiberglass  plastic 
tail  units  were  removable so that  either  could  be  installed  on  the  desired 
body. A photograph  of  the  model  and  the  damping-in-roll  apparatus 
installed  in  the  tunnel  is  shown  in  figure 2. Referehce 1 presents 
further  details  concerning  the  models  and  balance.  The  test  techniques 
of  this  report  and  reference 1 were  basically  the  same.  The  modifications 
to the  basic  model  representing  the  various  complete  configurations  tested 
in this  report  are  presented in figure 3 .  

A l l  models  were  tested  at  zero  angle  of  attack  and  had  transition 
strips  of  aluminum  oxide  particles  on  the  various  components.  The  dimen- 
sions  and  locations  of  the  strips  are  given in figure 1. 

The  Reynolds  number  range  of  the  tests  varied  from  about 0.44 x lo6 
at a Mach  number  of 1.62 to about 0.24 x 10 at a Mach  number  of 2.62, 
based  on  the  mean  aerodynamic  chord  of  the  wing.  However,  since  all 
tests  were  conducted  with  transition  strips  on  the  components,  boundary- 
layer  conditions  encountered  at  higher  Reynolds  numbers  were  probably 
simulated. For all  tests  the  humidity  of  the  tunnel  air  was  maintained 
sufficiently  low  to  insure  that  condensation  effects  were  negligible. 

The  accuracy  of  the  experimental  data  is  essentially  the  same  as 

6 

that  given  in  the  precision  section  of  reference 1. 
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T€EORE?rICAL ANALYSIS 

The  experimental  damping  in roll of  the Bell X-IA airplane  and 
various  combinations  of  its  components  was  compared  with  some  theoretical 
predictions  in  reference 1. These  predictions  included  approximations 
of  the  effects  of  wing-tail  interference  on C . The  predictions  were 
rather  crude,  since  body  effects  were  neglected,  and  the  theoretical 
span  load  distribution  used  to  determine  the  vortex  model  of  the  wing 
flow  field  was  for  an  isolated  wing.  .For  the  complete  configuration  and 
the  configuration  with  body,  wing,  and  vertical  tail,  the  theory  of  ref- 
erence 1 failed  to  predict  the  severe  losses  in  damping  obtained  experi- 
mentally  near a Mach  number  of 2.22. Rather  than  attempt  to  refine  the 
wing-tail  interference  calculations  of  reference 1, it  was  decided  to 
make a theoretical  evaluation  of  the  effects  of  the  body  flow  field  on 
the  wing  damping  in roll in  the  belief  that  this  would  be  more 
informative. 

IP 

Evaluation  of  the  Body  Flow  Field  by 

the  Method of Characteristics 

Reference 4 explains  the  method  of  calculating  the  flow  field  about 
a body  of  revolution  using  axisymmetric  characteristics.  For  evaluating 
the  flow  field  about  the X-IA body  (with  dorsal  and  ventral  fins  removed), 
the  tip  of  the  body  nose  was  replaced  by a cone  of TO0 semiapex  angle 
forward  of  the  point  where  it  became  tangent  to  the  actual  nose  contour 
of the X - U  body.  This  was  done in order  that  the  nose  shock  would 
remain  attached  throughout a representative  Mach  nuniber  range  corre- 
sponding  to  the  experimental  tests.  Since  the  cone  angle  was  arbitrarily 
chosen  to  be 30°, the  lowest  Mach  number  for  which  characteristic  cal- 
culations  could  be  made  was 1.71. The  calculations  were  made  on  elec- 
tronic  automatic  computing  machines.  The  lattice-point  method  of  char- 
acteristics  employed  in  these  calculations  determined  the  properties  of 
the  flow  at  the  intersection  of  each  characteristic  line. A network  of 

struction  of  accurate  pressure (or Mach  number)  contours  of  the  body 
alone  throughout  the  region  occupied  by  the  wing.  The  resulting  con- 

i characteristic  lines  of  sufficient  density  was  used  to  permit  the  con- 

i 
t 
I ,  tours  of  constant  Mach  nuniber  in  the  body  flow  field,  and  the  stream- 
" lines  indicating  the  angularity  of  the  flow,  are  shown  in  figure 4 super- 
11; imposed  on  the  plan-form  sketch  of  the  body  and  the  wing. 

It  is  interesting  to  note  %,be  accuracy  with  which  the  method  of 
characteristics  determines the~body flow  field.  For  example,  compare 
the  location of the  calculated  body  nose  shock  in  figure  4(b)  with  the 
location  of  the  nose  shock  in  the  appropriate  schlieren  photograph  of 
figure 5. In  both  cases  the  shock  barely  touches  the  wing  tip.  The - 
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schlieren  pictures  of  figure 5 show  the  main  features  of  the  complex  flow 
field of the  complete  airplane  throughout  the  Mach  number  range.  (See 
ref. 1 for  an  explanation  of  the  negligible  effect  of  extraneous  shock.) 

Calculation  of  the  Wing  Damping  in Rol l  When 

Immersed  in  the  Body  Flow  Field 

'After  calculating  the  body  flow  field,  the  calculation  of  the  wing 
damping  in roll, when  immersed  in  this  body  flow  field,  was  accomplished 
by  two  techniques.  Both  techniques  depended  upon a superposition  prin- 
ciple  and a more  detailed  explanation  of  the  methods  can  be  found  in 
appendixes A and  B.  The  first  technique  simply  used  the  linear  theory 
expression  for  the  pressure  coefficient  which  must  be  used  when  conibining 
flow  fields  that  are  asymmetrical  in v or w. (See,  for  example, 
ref. 5.) The  expression  is: 

Since  the  w-term  in  this  equation  is 0 for  the  configuration  investi- 
gated  because  of  symmetry  conditions  (see  appendix A), the  only  place 
the  effects  of  the  body  flow  field  appeared  in  the  evaluation  of  the 
pressure  coefficient  was  in  the  v-term.  For  this  particular  configu- 
ration,  the  results  showed only minute  differences  from  those  of  the 
theory  for  the  isolated  rolling  wing  in  the  free  stream  and  are  not  pre- 
sented.  However,  it  is  believed  that  the  calculated  negligible  effect 
should be pointed  out  as  an  aid  in  assessing  the  limi-bations  of  linear 
theory  when  applied  to  complete  airplane  configurations. 

The  second  technique  that  was  used  for  evaluating  the  effects  of 
the  body  flow  field  on  the  wing  damping  in roll employed a strip  anal- 
ysis.  The  rate  of  change  of  section  rolling-moment  coefficient  with 
wing-tip  helix  angle  was  calculated  for  elemental  chordwise  strips  of 
the  wing.  (See  appendix B. ) The  values  of p,, Vy, and  qy  used  in 
these  calculations  were  obtained  from  the  characteristic  calculations 
of the  body  flow  field.  Some  resulting  variations  of  section  rolling- 
moment  coefficient  with  span  are  'presented  in  figure 6. Also shown  in 
figure 6 are  some  strip-theory  variations  for  the  wing  alone,  for  which 
free-stream  values  were  used  for p ,  V, and  q.  Mechanical  integration 

of  these  variations  of - with over  both  wing  panels  gave C . ac2 
a 2 2  b/2 2P 
2v 

Figure 7 shows  the  theoretical  variations  in C throughout  the 2P 
(labeled A) was  calculated Mach  number  range.  The  linear-theory  curve 
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by  using  the  method  presented  in  reference 6 and  represents  the  damping 
of  an  isolated  finite  wing  in  the  free  stream.  This  method  accounts  for 
wing-tip  effect.  Curve B represents  the  variation  in C for  the  iso- 

lated  wing  rotating  in  the  free  stream  as  predicted  by  strip  theory. 
This  method  does  not  account  for  the loss in  damping  near  the  wing  tip 
and  the  difference  between  curves A and B is  due  to  this  inadequacy  of 
strip  theory.  Curve C is  the  strip-theory  calculation  of  the  damping  of 
the  wing  in  the  presence  of  the  body  and  the  shaded  portion  between 
curves B and C represents  the  body  effect  on  the  wing  damping.  Curve C 
could  be  shifted  by  the  difference  between  curves A and B and a better 
approximation  of  the  damping of the  wing in the  presence  of  the  body 
would  be  obtained.  This  final  step  is  not  indicated  in  figure 7; how- 
ever,  figure 7 does  show  that,  within  the  Mach  number  range  of  the  cal- 
culations  and  above a Mach  number  of  about 1.8, the  effect  of  the  body 
flow  field  on  the  wing  damping  in roll is  to  slightly  increase  the 
damping. 

2P 

Strip  Theory  Evaluation  of  Body-Dorsal-Fin 

Flow-Field  Effects  on  the  Wing  Damping 

At a Mach  number  of 2.21 an  attempt  was  made to evaluate  the  com- 
bined  effect  on  the  wing  damping  of a body  and a dorsal  fin or conduit 
tunnel  with a pointed  nose.  The  method  consisted  of  calculating  the 
flow  field  of an arbitrary  dorsal  fin  with a pointed  nose,  superimposing 
this  flow  field  on  the  body  flow  field,  and  calculating  the  damping  of 
the  wing  when  immersed  in  the  resultant  flow  field  by  the  strip  theory 
method  of  the  preceding  section.  The  dorsal-fin  flow-field  calculations 
only  apply  for  some  arbitrary  dorsal  fin  of unknown but  pointed  shape, 
since  the  flow  field  assumed  was a modification  of  the  body  flow  field. 
This  modification  consisted  of  appropriately  reducing  the  scale  of  the 
body  nose  and  shifting  its x- and  z-locations  to  correspond  to  those  of 
the  actual X-lA dorsal  fin. 

The  result  of  the  calculations  is  denoted  by  the  circular  symbol 
at  Mach  number 2.21 in  figure 7. It  can  be  seen  that  the  effect  of  this 
dorsal  fin  with  pointed  nose  is  negligible  and  that  no loss in  damping 
was  predicted  at a Mach  number  of 2.21. In the  subsequent  section  it 
will  be  shown  that  no  significant loss in  damping  was  obtained  experi- 
mentally  near a Mach  number  of 2.22 for  the  complete  model  with a dorsal 

I: fin  nose  which  was  more  ,pointed  than  that of the  basic  .model. 
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The  experimental  phase  of  the  investigations  of  this  report  consisted 
of  measurements  of C at  zero  angle  of  attack  for  the  complete  model 

with  various  modifications  to  the  dorsal  and  ventral  fins,  and  of  meas- 
w,ements  of C for  the  body-wing  and  the  body-vertical-tail- 

dorizontal-tail  configurations,  both  with  the  dorsal  and  ventral  fins 
removed.  Figure 3 defines  and  tabulates  the  modifications  to  the  dor- 
sal  and  ventral  fins  of  the  complete  model.  The  test  Mach  numbers  were 
1.62, 1.94, 2.22, 2.41, and 2.62. However,  the  complete  model  kLth  modi- 
fications >, 6, and 7 was  tested only at M = 2.22. (The  actual  testing 
of  the  complete  model  with  modification 5 at M = 2.22 was  carried  out 
in  the  investigations  of  reference 1, but  is  included  in  this  report  for 
completeness .) 

2P 

. ,  2P 

The  variations  of  rolling-moment  coefficient  with  wing-tip  helix 
angle  obtained  in  the  present  investigation  are  presented  in  figure 8. 
In  general,  the  variations  were  linear.  The  values  of  damping  in r o l l  

were  determined  by  taking  the  slopes  of  the  curves  of C2 against pb 
2v 

for  the  various  configurations. 

Figure 9 presents  the  variations  with  Mach  number  of C fo r  the 
2P 

complete  model  and  combinations  of  its  components  with  the  dorsal'and 
ventral  fins  in  place. All the  data  of  figure 9 were  obtained  in  the 
investigation  of  reference 1. It  may  be  seen  in  figure 9 that  two  dif- 
ferent  values  of C were  obtained  at M = 2.22 for BWVH. The  term 

"alternate"  employed  in  this  figure  signifies  that a separate  dorsal  fin 
was  used on the  model  in  the  test  in  which  the  second  value  of C was 

obtained.  The  "alternate"  dorsal  fin  was  cast  from  the  same  mold  as  the 
original  dorsal  fin;  however,  small  errors  in  reproduction  and  installa- , i ,  
tion  on  the  model  may  have  caused  its  external  contour  to  differ  slightly i; 

from  that  of  the  original.  The  curve  representing  the  variation  of C 

with M for BWVH was  faired  midway  between  the  two  values'of 

2P 

l? 

,b 

ciP at Ip i 
M = 2.22. ia P 

Figure 9 shows  the  severe  losses  in  damping  in r o l l  which  were 
experienced  near M = 2.22 by  the BFTVH and  the BWV configurations.  It 
should  be  noted  that  neither  the  minimum  values  of for  the BWVH 
and  the B W  configurations  in  the  vicinity of M = 2.22 nor  the  exact 
Mach  numbers  at  which  they  occurred  were  definitely  established.  In 

4 

c2P 
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view  of  this  uncertainty,  the  curves  were  dashed  in  the  Mach  number  range 
from 1.94 to 2.41. Figure 9 also  shows  that  no  significant  reduction 
in  damping  was  obtained  for  the  BW  configuration  near M = 2.22. Wing- 
body-tail  interference  effects  on C were  present  to  some  extent 

throughout  the  Mach  number  range  of  the  tests  and  were  largest  in  the 
Mach  number  region  from 2.22 to 2.41. A notable  feature  of  this  inter- 
ference  is  the  fact  that  the  addition  of  the  horizontal  tail  to  the 
BWV  configuration  decreased  the  damping  for  Mach  numbers  less  than  about 
2.3 but  increased  the  damping  for  Mach  numbers  greater  than  about 2.3. 

17r lP 

Figure 10 presents  the  variations  with  Mach  number  of C for 
lP 

the  complete  model  and  combinations  of  its  components  with  the  dorsal 
and  ventral  fins  removed. Also presented  is a variation  of C with 

Mach  number  obtained  by  adding  the  contributions  to C of  the  BW 

and  BVH  configurations.  Comparison  of  this  variation  with  that  obtained 
for  the  BWVH  configuration  shows  that  large  effects  of  wing-body-tail 
interference  on C were  present  for M > 2.22, and  that  these  effects 

were small for M 5 2.22. It  should  be  noted  that  the  large  interference 
effects  were  opposite  in  direction  to  those  obtained  with  the  dorsal  and 
ventral  fins  in  place.  (See  fig. 9 .) 

lP 

LP 

lP 

A theoretical  variation  of C with  Mach  number  for  the  body-wing 
IP 

configuration  is  presented  in  figure 10. This  variation  is  discussed 
in a subsequent  section  of  the  report. 

Comparison of the  results  presented  in  figures 9 and 10 shows  that 
the loss in  damping  experienced  by  the  complete  model  near M = 2.22 
is  principally  due  to  the  dorsal  and  ventral  fins.  Furthermore,  the 

of  the  complete  model  throughout  the  Mach  number  range  of  the  tests. 
The  addition  of  the  dorsal  and  ventral  fins  had  little  effect  on  the 
damping  of  the  body-wing  combination,  showing  that  the  losses  in  damping 

the  direct  effects  of  the  dorsal  and  ventral  fins  on  the  wing.  The  addi- 

J dorsal  and  ventral  fins  caused a rather  large  decrease  in  the  damping 

I experienced by the  BWVH  and  the  BWV  configurations  were  not  caused  by 

I tion  of  the  dorsal  and  ventral  fins  caused  decreases  in  the  damping  of 
! :  
1 . 8  the  body-vertical-tail-horizontal-tail  combination  at  all  Mach  numbers, 
I4 but  these  decreases  were  of  insufficient  magnitude  to  account  for  the 

large  decreases  in  damping  obtained  for  the  complete  model  by  the  addi- 
tion  of  the  dorsal  and  ventral  fins.  Therefore,  it  must  be  concluded 
that  the  losses  in  damping  experienced  by  the  complete  model  near 
M =.2-.22 resulted'  from  the  effects  of  the  dorsal  and  ventral  fins  on 
the  body-wing-tail  combination,  rather  than  from  the  direct  effects  of 
the  dorsal  and  ventral  fins  on  the  individual  components. 



Figure 11 presents  the  variations  with  Mach  number  of C for 
2P 

the  unmodified  complete  model,  the  complete  model  with  the  dorsal  and 
ventral  fins  removed,  and  the  complete  model  with  various  modifications 
to  the  dorsal  and  ventral  fi'ns.  The  larger  differences  between  the 
curves  in  the  Mach  number  region  of  about 2 to 2.5 are obvious  and  indi- 
cate  the  sensitivity  of  the C measurements  to  component  interference 

effects  and  changes  in  the  dorsal  fin  nose  shape  in  this  Mach  number 
region.  Even  small  changes  in  dorsal  fin  nose  shape  such  as  modifica- 
tions 6 and 7 caused  variations  in C in  this  Mach nurriber  region. 

ZP 

zP 

The  data  of  figure 11 show  that,  compared  with  the  unmodified  con- 
figuration,  the  damping  in roll at a Mach  number  of 2.22 increased 
regardless  of  whether  the  dorsal  fin  nose  was  made  flatter,.rounder, or 
more  pointed.  This  apparent  lack  of a consistent  trend  suggested  further 
checking  of  the  data  for  the  unmodified  complete  configuration  (see 
alternate-dorsal-fin  data  of  fig. 8), but  additional  testing  only  con- 
firmed  the  fact  that  the  lowest  damping  resulted  with  the  unmodified 
configuration. 

Comparison  of  the  data  for  modifications 2 and 3 indicates  that 
for  this  type  of  configuration  with  the  midsection  of  the  dorsal  fin 
removed,  there  was  little  effect  of  the  dorsal  fin  nose  shape  -on  the 
damping  in roll throughout  the  Mach  number  range.  Furthermore,  it  can 
be  seen  that  this  type  of  configuration  sustained a high  level  of  damping 
throughout  most  of  the  Mach  number  range. 

GENERAL DISCUSSION 

Some  general  information  of  interest  to a designer  of  high-speed 
aircraft  that  has  been  obtained  from  both  the  theoretical  and  experi- 
mental  phases  of  the  investigations  of  this  report  is  discussed  and 
summarized  in  this  ,section. 

Since  the  region  of  the  flow  field  just  behind  the  body-nose  shock 
contains  the  largest  departure  from  free-stream  conditions,  the  designer 
can  expect  the  greatest  effect  on  the  damping  in roll of a wing  in a 
nonviscous  body  flow  field  to  occur  at  flight  speeds  where  this  region 
interacts  with  a.  sizable  tip  region  of  the  wing.  According  to  the  theo- 
retical  calculations  of  this  report,  this  interaction  increases  the 
damping  in r o l l  of  the  wing.  (See  fig. 7. ) The  theory  curve  of  fig- 
ure 10 is  the  strip-theory  curve  of  the  damping  of  the  wing  in  the 
presence  of  the body, shifted  by  the  difference  between  linear  theory 
and  strip  theory  of  an  isolated  rolling  wing. It should  be  compared 
with.the  experimental  curve  for  the BW configuration.  Although 

.. . 
.. , 

.. , 



NACA RM ~36~27 "- 11 

experiment  does  not  show  as  high  damping  as  that  predicted  by  theory  in 
the  Mach  number 2.2 region,  it  is  in  this  region  of  greatest  discrepancy 
between  theory  and  experiment  that  the  experimental  data  for  the  com- 
plete  configuration  show  the  greatest  sensitivity  to  various  dorsal-  and 
ventral-fin  modifications.  The  lack  of  agreement  between  theory  and 
experiment  is  due  either  to  viscous  effects or to  the  simplifying  assump- 
tions  of  the  theory.  In  connection  with  the  latter,.  it  should  be  remem- 
bered  that a superposition  principle  was  used  even  in  the  two-dimensional- 
flow  region  of  the  wing  and  that  complex  interactions  such  as  those  which 
occur  in  the  tip  region or near  the  body-wing  juncture  were  neglected 
entirely. 

It  is  interesting  to  note  that,  based  strictly  on  nonviscous  con- 
siderations,  the  dorsal  fin  nose  shock  for  the  unmodified  configuration 
would  become  attached  when  the  free-stream  Mach  number  reached 2.2. (This 
was  determined  by  using  the  measured  wedge  angle  of  the  flat  portion  of 
the  nose  of  the  dorsal  fin  and  the  local  Mach  number  on  the  body  surface 
at  the  nose  of  the  dorsal  fin. ) 

Due  to  the  nature  of  the  experimental  results,  it  was  not  possible 
to  ascribe  the  large loss in  damping  in roll near a Mach  number  of 2.2 
to  any  one  isolated  effect.  On  the  contrary,  the  analysis  of  the  experi- 
mental  results  showed  that  the  largest loss in  damping  near a Mach  num- 
ber  of 2.2 only  occurred  for  all  the  components  in  combination  (i.e.,  the 
body,  wing,  dorsal  and  ventral  fins,  and  tail).  Therefore,  based  on  the 
present  study, a simple  generalized  statement  cannot  be  made  with  regard 
to  what  type  of  configuration  to  avoid  in  the  design  of  supersonic  air- 
craft.  Neither  is  it  possible  to  make a simple  generalized  statement 
concerning  the  optimum  dorsal  fin  nose  design  since  all  modifications 
to  the  dorsal  fin  nose  improved  the  damping. 

Since  the  theory,  even  with an accurate  evaluation  of  the  body 
flow  field,  does  not  explain  the loss in  damping  near a Mach  number 
of 2.2, even  for  the  relatively  simple BW configuration  (fig. lo), the 
importance  of  experimental  damping-in-roll  studies  for  the X-IA airplane 
is  obvious.  However,  damping-in-roll  tests  of  other  types  of  airplane 
configurations  (such  as  those  produced  by  modifications 2 and 3)  and 
tests  of  other  airplanes  (refs. 2 and 3 )  have  not  shown  an  appreciable 
loss in  damping  in  the  Mach  number  range  from 1.63 to 2.62, and  linear 
theory  predictions  for  isolated  wings  provided  satksfactory  estimates 
of  the  damping  of  these  models.  Thus  it  appears  that,  despite  the  pecul- 
iar  interference  effect  on Cz obtained  for  the X-IA airplane,  linear- 
theory  predictions  of C for  isolated  wings  are  generally  adequate 

P 

zP 
I 
I for complete  configurations  in  the  Mach  number  range f'rom 1.62 to 2.62. 

". . . 
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CONCLUSIONS 

NACA RM L56G27 

Experimental  and theoret ical   s tudies  of component interference 
e f fec ts  on the  damping i n  r o l l  of the Bell  X-IA research  airplane a t  zero 
angle  of  attack and  experimental  studies  of  various  dorsal-fin and ventral- :; 
fin  modifications have indicated  the  following  conclusions: 

1. The severe loss i n  dagping i n  r o l l  near a Mach number of 2.2 
which i s  shown i n  NACA Research Memorandum L55Il-9 t o  be  associated with 
the  presence.  of the dorsal  and vent ra l   f ins  was found t o  occur  only for  
a l l  the components i n  combination. This severe loss  was  not a d i rec t  
e f fec t  of e i ther   the  body and the  dorsal 'and  ventral   f ins  on the wing 
or  of the body and the dorsal  and vent ra l   f ins  on the  ta i l .  

2. Modifying the   dorsa l   . f in  nose  by making it either  pointed,  rounder, ;. 

or f la t te r ,   resu l ted   in ' increases   in   the  damping i n   r o l l . i n   t h e  Mach  num- . 

ber 2.2 region cpmpared with the damping of the unmodified configuration. 

3 .  The greatest   increase  in  the damping of the complete  configu- 
ration  near a Mach  number of 2.2  occurred fo r  the dorsal-fin modifica- 
t i on  which consisted  of removing a section of the connectdng f i n  between 
the  ver t ical  t a i l  and the  nose  such that the  resulting  configuration 
resenibled  an airplane with a bubble canopy i n  i t s  usual  forward  location. 

4. The theory  and  the experiment for   the  body-wing configuration 
w i t h  dorsal   and  ventral   f ins removed gave excellent agreement at Mach 
numbers below about 2.0 and a t  the maximum .Mach  nuzriber of t he   t e s t s  (2.62); 
however, at Mach numbers between  about 2.0 and 2.5, theory  indicates more 
damping fo r   t he  body-wing configuration  than  for  the wing alone, whereas 
experimental r e su l t s  show s l igh t   losses   in  damping. This i s  the Mach 
number range  wherein the  greatest  body ef fec t  on the w i n g  damping is  pre- 
dicted and coincides w i t h  the range where the  experimental measurements 
fo r   t he  complete configuration show the grea tes t   sens i t iv i ty   to   dorsa l  
f i n  nose modifications. 

5 .  A theoretical   estimate a t  a Mach number of  2.2  of the combined I u . .. 
effect of a body and an a rb i t ra ry   dorsa l   f in  w i t h  a pointed  nose on the + >  

wing  damping i n  roll showed tha t  the  contribution  of this d o r s a l   f i n   t o  3 
the wing  damping was negligible and showed  no loss i n  damping a t  a Mach f 
number of 2.2.  Experimental data a l so  showed only a very  sl ight loss 
i n  damping near a Mach  number of 2.2 for   the  complete model w i t h  a dor- 
s a l   f i n  nose which was more pointed  than  that of the B e l l  X-IA airplane. 

, V I  G 

Langley Aeronautical  Laboratory, 
National  Advisory Committee f o r  Aeronautics, 

Langley Field, Va. , July 11, 1956. 



APPENDIX A 

LINEAR-THl3ORY  EVALUATION OF THE BODY  FLOW FIELD 

EFFECTS ON THE WING  DAMPING  IN R O U  

As  mentioned  in  the  text,  the  linear-theory  expression  for  the 
pressure  coefficient  Ghich  must  be  used  when  dealing  with  flow  fields 
that  are  asymmetrical  in v or w is 

A discussion  of  the  proper  use  of  this  equation  is  given  in  reference 5. 
For a lifting or rolling  wing  and a body  whose  cross  section  increases 
with  x,  the  perturbation  velocities  on  the  upper  and  lower  wing  sur- 
faces  have  the  following  directions: 

uw-u = -%-2 

and 

W = w  B-u  B-2 = o  

Therefore,  it  can  be  shown  that  the  pressure  difference  across  the  wing 
surface  is 

This  formula  was  used  to  evaluate  the  damping  in roll of  the  body-wing 
combination.  Reference 6 presents  in  closed  form  the  expressions  for 
the  potential $, and  the  perturbation  velocities  uw  that  apply  for 
the  isolated  rolling  wing  for  this  airplane.  The  expressions  for vw 
were  determined  by  differentiating  the  expressions  for  with  respect 
to y. The  values  of vB were  determined  from  the  results  of  the 
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calculations  of  the  body  flow  field  using  the  method  of  characteristics. c ' , ,  

The  technique  for  evaluating  the  damping  of  the  wing  in  the  body  flow 
field  was to evaluate  the  chordwise  lifting-pressure  coefficient  at  vari- i, 
ous span  stations  along  the  wing,  to  integrate  mechanically  to  determine -: 
the  span  load  distribution,  and  then  to  integrate  the  span  load  distri- . ,  

bution  curve  mechanically  to  determine Czp. 

- ,  
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APPENDIX B 

STRIP THEORY ENALUATION OF THE BODY FLOW FIELD 

EFFECT ON THE W ING DAMPING I N  ROLL 

I 

I The ro l l i ng  moment on an  elemental s t r i p  i s  given by the  equation: 
I 

i where the  subscript  y denotes  the  average  value of t he  parameter  over 
a s t r i p  which i s  located a t  a distance y from the  body axis.  It fo l -  
lows then  that   the  equation  for  the rate of change  of sect ion  rol l ing-  
moment coefficient  with  wing-tip  helix  angle  for a chordwise s t r i p  i s  

. a - Pb 2v Sb2LpyVy 

Evaluation of equation (B2) was accomplished by p lo t t ing  py and 
Vy along  each s t r i p  (determined from the  body flow f ie ld   calculat ions) ,  
then  integrating  mechanically  to  obtain  the  average  value  for  each  strip.  
Since  the body flow field  calculations  determined  the  pressure and the 
Mach  number along  each  strip,  their  average  values were used t o  determine 
qy/%. After p lo t t ing   the  spanwise load  dis t r ibut ionj   the  integral  was 

evaluated  mechanically t o  determine C It w a s  not  necessary t o  

account for  the  stream  angularity  since  the  correction  to p y, Vy, or My 
appeared  only as a cosine  function. For t he  maximum values of stream 
angularity which occurred i n   t h e  body flow f ie ld   (about  kO), t h i s  cor- 
rect ion was negligible.  

2P ' 
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L 
Represents full- 
scale airplane 

Section A-A 

Wing: 

Span 
Area 

Aspect ratio 
Section 
Root incidence 
Tip incidence 

4.864 sq in. 
5.420 in. 

6 
NACA 65-008(o=I) 

2.5" 
1.5" 

Horizontal tail : 
Area 0.974 sq in. 
Section NACA 65-006 
Vertical tail : 
Area 0.958 sq in 
Section NAGA 65-008 

- 6.320 
Fairing of vertical  tail fin7 after dorsal  fin  removed-, 

" 

c-6.880 -4 
V e n t r a l  fin 

Note: All dimensions are in inches. 

Figure 1.- Drawing of the  1/62-scale basic model. 

I .. . . .. . .. _ _  , . .  



L-89408 
Figure 2.- Photograph of model and damping-in-roll  apparatus ins ta l led  

i n  tunnel. (Top nozzle block removed. ) 
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MODlFlCATlOh 

2 

3 

4 

5 

6 

7 

SKETCH 

a 
Section  A-A 

Q_ 

n 

Section A-A 

Same as modification 6 in sideview. 

" 

" 

" 
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DESCRIPTION OF MODIFICATION 

Nose  of dorsal fin was extended and made 
more pointed than that of the  basic m o d e l .  

Original dorsal fin  hod section  removed  between 
nose and vertical tail.  Nose  shape was the same 
as in figure 1. 

Section of dorsal fin removed  between  nose  and 
tail, and a  wedge  shaped  nose  was  used. 

Ventral fin removed;  same dorsal fin as  in  figure 1. 

Dorsal fin removed. 

~~ ~ 

Same as figure I, except dorsal fin nose was 
slightly more rounded. 

Same as figure I, except dorsal tin nose was 
slightly more flattened. 

Figure 3.- Modifications to the  basic Bell X-IA model. 
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(a) M = 1.71. 

Figure 4.- Contours of constant  Mach  number (or  pressure) and streamlines 
in  the X-IA body flow f ie ld .  
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(b) M = 1.95. 

Figure 4. - Continued. 
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( c )  M = 2.21. 

Figure 4. - Continued. 
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( a )  M = 2.38. 

Figure 4.- Continued. 
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(e )  M = 2.59. 

Figure 4.- Concluded. 



hock wave from  body nose 

E S h o c k  wave from ventral-fin nose 
Shock wave from  dorsal-fin nose 

Extraneous shock wave 

L-89391 
Figure 5.- Schlieren  photographs  of  the flow about  the  complete  model at 

zero rolling velocity. 
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(a) M = 1.71. 

I .2 

.8 

.4 

0 
.. . 
1 .  Y/T b 

(b) M = 2.59. 

Figure 6.- Typical theoretical spanwise  vasiations  of  section  rolling-moment 
coefficient for  the rolling X-LA wing  showing the body flow  field effect. 

. .  
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Figure 7.- Comparison of the  variations of estimated C with Mach 
2P 

number for the  various  theoretical  methods.. 
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-.020 

-.O I 8 

0 BWVH, modification I 
0 BWVH, modification 2 
0 BWVH, modification 3 
A BWVH, modification 4 
V BW, dorsal  and  ventral 
D BVH, dorsal and  ventral 

( a )  M = 1.62. 

Figure 8.- Variations of  rolling-moment coefficient w i t h  wing-tip  helix 
angle f o r  BWVH with  various  modifications t o  the dorsal and ventral  
f i n s  and f o r  BW and BVH with  the dorsal and vent ra l   f ins  removed, 
at zero angle of attack. Flagged synibols indicate check points. 
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(b) M = 1.94. 

Figure 8. - Continued. 
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( e )  M = 2.22. 

Figure 8.- Continued. 
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Figure 8.- Continued. 

*. 



(e )  M = 2.62. 

Figure 8. - Concluded. 
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8 
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Figure 9.- Variations  with Mach  number of the damping i n  r o l l  of the 
complete model and i t s  components at zero  angle of attack. Dorsal 
and ventral   f ins   in   place.  Dashed portions of curves  denote 
uncertain  fairing. 

, 
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Figure 10.- Variations with Mach number of 'the damping i n   r o l l  of the 
complete model and some of i ts  components at zero  angle of attabk. 
Dorsal and vent ra l   f ins  removed. 
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“- unmodified 
no dorsal  or 
ventral fins 

0 modification I 
0 modification 2 
0 modification 3 

-.5 A modification 4 
V modification 5 
D modification 6 
0 modification 7 

-.6 

-. 4 

C‘P 

-.3 

$ . ” 

”- 
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‘\, 
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-. 2 / 

‘.”- / 

-. I 

0 
1.6 1.8 2 .o 2.2 2.4 2.6 2 
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Figure 11.- Variations  with Mach  number of the damping i n   r o l l   a t  zero 
angle of attack of the unmodified  complete model  and the complete 
model with  various  modifications t o  the .dorsal and vent ra l   f ins .  

NACA - Langley Field, Va. 
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